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SUMMARY

A gaseous H2/O 2 rocket engine was constructed at the NASA Lewls Research
Center to provide a high heat flux source representative of the heat flux to
the blades in the high-pressure fuel turbopump (HPFTP) during start-up of the
space shuttle main engines. The high heat flux source was required to evalu-
ate the durability of thermal barrier coatings being investigated for use on
these blades.

The purpose of the present work was to evaluate the he_t transfer, and
specifically, the heat flux to tubes located at the throat of the test rocket
engine and to compare this heat flux with the heat flux to the blades in the
HPFTP during engine start-up. This purpose was accomplished by measuring gas
temperatures, pressures and heat transfer coefficients in the test rocket

engine. Near-surface metal temperatures below thin thermal barrier coatings

were also measured at various angular orientations around the throat tube to

indicate the angular dependence of the heat transfer coefficients.

A finite-difference model for a throat tube was developed and a thermal

analysis was performed using the measured gas temperatures and the derived heat

transfer coefficients to predict metal temperatures in the tube. Near-surface

metal temperatures of an uncoated throat tube were measured at the stagnation

point and showed good agreement with temperatures predicted by the thermal
model.

The maximum heat flux to the throat tube was calculated and compared to
that predicted for the leading edge of an HPFTP blade. It is shown that the
heat flux to an uncooled throat tube is slightly greater than the heat flux to
an HPFTP blade during engine start-up.

INTRODUCTION

The three variable thrust, liquid hydrogen-fueled main engines powering

the space shuttle orbiters are the most advanced rocket engines Oesigned and

flown to date. However, several comDonents suffer from premature replacement

far short of the design life due to the severe operating environment within

the engine. Hence, the pursuit of improved durability is an ongoing task for
several space shuttle main engine (SSME) components. The first stage blades

within the high-pressure fuel turbopump (HPFTP) have received much of this

attention regarding improved durability.

The main engines utilize a staged combustion power cycle with hydrogen
being only partially burned at low mixture levels (hydrogen-rich) in preburners.



The HPFTP consists of a preburner, a two-stage axial turbine and a three-stage

centrifugal pump. The preburner operates at a pressure of approximately
38.3 MPa (5600 psi) and an oxidizer to fuel mass ratio near I (O/F : l)l which

produces a hot-gas temperature of approximately 870 °C (]600 °F) (ref. l). The

hydrogen-rich steam from this preburner drives the turbine, thereby powering

the pump. Thls pump circulates liquid hydrogen which, In additlon to being
used as the fuel, Is utilized as a coolant for the main combustion chamber and

nozzle. The hydrogen-rlch steam exiting the turbine is injected into the main
combustion chamber with addltlonal hydrogen and oxygen.

Upon ignltion, the gas temperatures in the fuel preburner undergo two
therma] translents within the first 2 sec before rislng to the steady-state
value near 870 °C (1600 °F) (ref. 2). The gas temperature durlng the first
thermal excursion reaches approximately 1750 °C while the temperature during
the second thermal excurslon reaches only 750 °C (flg. ](a)). These thermal
transients durlng engine start-up are belleved to contribute to the formation
and/or propagation of cracks observed in the HPFTP blades. The temperature of
a flrst-stage HPFTP blade during a typical mission cycle has been predicted
using a finite element thermal model (ref. 2). Metal temperatures predicted
by this model for the ]eadlng edge near the blade tip during the two thermal
transients at engine start-up are also shown in figure ](a). The predicted
heat transfer coefficient (h c) at this location (ref. 3) is dependent on the
gas pressure, temperature and rotational velocity of the turbine and therefore
changes with time as shown in flgure l(b) for the period of engine start-up.
Fortunately, hc during the first thermal transient is only a fractlon of the
steady-state value of 383 kW/m2 K so that the surface temperatures of the
blades remain below the melting point.

The use of plasma-sprayed thermal barrier coatings (TBC's) was proposed
during early development of the SSME when the severe thermal transients in the

HPFTP, as well as cracking in the blades, became apparent (ref. 4). However,
the thermal transients also caused spallation and loss of the outer ceramic

layer of the TBC. Consequently, the blades are currently only coated with a

thin Ni-Cr-AI-Y meta]llc layer which provides mlnimal thermal protection.

Advances throughout the 1980's in the development of TBC's for aero gas tur-
bine engines prompted a reexamination of their potential for damping the ther-

mal shock to the HPFTP blades. A research program was initiated at the NASA

Lewis Research Center to evaluate a variety of vendor coatings as well as

TBC's developed at NASA Lewis. A hydrogen-oxygen test rocket (designated TSTR

for Thermal Shock Test Rocket) was designed and developed to test and evaluate
the TBC's which were applied to directionaIly solidified (DS) Mar-M246+Hf 2

.rods and tubes. This substrate material is the same as that currently used
for the HPFTP blades. The test specimens were located at the throat of the

rocket engine with the cylindrical axis perDendicular to the gas flow. The

rocket engine is capable of producing gas temperatures in the range of llO0 to

3100 °C (2000 to 5600 °F) at pressures up to ¢.] MPa (600 psi).

The purpose of the present work was to evaluate the heat transfer, and
specifically the heat flux, to tubes located at the throat of the rocket engine
and to compare this heat flux with the heat flux to the blades in the HPFTP

IFor 109 percent full-power level.
2The composition of DS Mar-M246+Hf is NI-IOCo-9Cr-IOW-5.SAI-2.SMo-I.STa-

].STi-O.15C-O.OlSB-O.O5Zr-l.75Hf wt %.



during engine start-up. This purpose was accomplished by measuring gas temper-
atures and pressures in the throat region of the rocket engine and heat trans-
fer coefficients for the tubes located at the throat. Near-surface metal
temperatures below thin thermal barrier coatings were also measuredat various
angular orientations around the throat tube to indicate the angular dependence
of the heat transfer coefficients. A finlte-dlfference model for a throat
tube was developed and a thermal analysis was performed using the measuredgas
temperatures and the calculated heat transfer coefficients to predict metal
temperatures in the tube. Near-surface metal temperatures of a throat tube
were measuredat the stagnation point facing the injector and used to validate
measuredgas temperatures and heat transfer coefficients and to verify the pre-
dictive capability of the thermal model.

The maximumheat flux to an uncoated throat tube in the TSTRwas calcula-
ted and comparedto that predicted for the leading edge of an HPFTPblade. It
was found that the heat flux to an uncoated throat tube is slightly greater
than the predicted heat flux to an HPFTPblade during engine start-up. A ther-
mal analysis of the heat transfer to thermal barrier coated tubes and rods
tested in the TSTRand the potential benefit of applying TBC's to HPFTPblades
is discussed in a companionpaper (ref. 5). Durability testing of TBC's in the
test rocket engine is discussed elsewhere (ref. 6).

EXPERIMENTALPROCEDUREANDRESULTS

Rocket Engine Operation

A schematic of the TSTR developed at NASA Lewis and the copper specimen

holder is shown in figure 2(a) with the actual injector, water-cooled combus-

tion chamber and copper specimen holder shown in figure 2(b). A view of the

test rocket while firing, showing the hot gas exiting the engine and entering

the exhaust pipe, is shown in figure 2(c). Five 0.953 cm (0.375 in.) tubes or
rods are held in the copper specimen holder such'that all gas flow is perpen-

dicular to the cylindrical axis. The hot gas exiting the combustion chamber is

constricted by the presence of the tubes located at the throat of the rocket

engine. High pressure in the combustion chamber results in Mach I exhaust gas

velocities slightly upstream from the throat plane (the plane passing through

the cylindrical axis of the tubes with the smallest cross-sectional area in

the throat). The area blockage ratio for the engine, given as W/(W-D)
(fig. 2(a)), is equal to 2.875 giving an area reduction (inverse of the area

blockage ratio) at the throat of 0.348. Only three of the five specimens are

.fully exposed in the gas flow (tubes in test positions 2 to 4, fig. 2(a)).
Preliminary test firings of the rocket engine indicated significant tempera-
ture differences between the three center test positions: position 4 was hot-
test while position 3 exhibited a cool region midway along the length of the
tube most likely due to the large igniter orifice located in the center of the
injector (fig. 2(b)). In an effort to maintain temperature uniformity between
tests of different TBC's, all testing of thermal barrier coated tubes and rods
was performed with test specimens in position 2. Hence, all heat transfer

measurements and gas temperatures were measured at or near this position.

Most gas temperature measurements were made at an indicated oxidizer to
fuel ratio of 1 (O/F = I). This O/F ratio resulted in a hydrogen-rich envi-
ronment similar to that in the HPFTP. The O/F ratio was calculated from
flow rates into the engine which are controlled by sonic flow orifices. The



engine could not be conslstently Ignited at lower O/F ratios due to the

excessively-rich fuel mixture. Standard operatlon of the englne involved open-

Ing the 02 valve O.l sec before opening the H2 valve which generally ensured
engine ignition at this low O/F ratio. Generally the test duration was 1.2

or 1.3 sec but was increased to 3.5 sec to reach steady-state conditlons when

using a water-cooled instrumented tube. At the end of the test, the 02 valve

was closed 0.3 sec prior to the c1oslng of the H2 valve which resulted in a

short H2 purge. As either the 02 or the H2 valve was closed, each line was

purged by gaseous N2 which resulted In N2 purging the specimens to room temper-
ature. The pressure in the chamber of the rocket engine was maintained at

approximately 2.0? MPa (300 psi) and generally varied from day to day by less

than 3 percent. Repeatability of the chamber pressure is indicated in flgure

3 where the chamber pressure for five different tests measured over a 5 month

period is shown.

Gas Temperature Measurements

Five different thermocouple (tc) configuratlons were used to measure gas
temperatures near test position 2. The different tc designs, including butt-
welded, shielded, wedge-type, and a sonic orifice probe, are shown in figure 4.
All tc assemblles used either Type R or B Pt/Pt-Rh wire running through alu-
mina or magnesia sheathing which was encased in 0.318 cm (0.125 in.) o.d.
molybdenum (Mo) tubes. The ceramic sheathing material without the protection
of the Mo tube fractured during testing due to the thermal shock and/or gas
forces. Wire diameters varied from 0.0254 to 0.0635 cm (0.010 to 0.025 in.).

The Type B wire was chosen because of its greater mechanical strength over
Type R wire; however, no Improvement in the durability of the tc's with
Type B wire was observed. Thermocouple shields (fig. 4(d)) were fabricated

from MO and welded to the Mo tubes encasing the ceramic sheathlng. Likewise,
Mo was also used for most parts of the sonic probe assembly (fig. 4(e)). The

Mo parts of the sonic probe assembly were joined by gas tungsten arc welding

in an inert weldlng chamber.

The sonic probe assembly required calibratlon to position the thermocouple

bead at the plane of Math l gas velocity within the sonic orifice and to deter-

mine the temperature correction for the instrument. Both calibrations were

performed at room temperature as described in references 7 and 8. The rela-

tionship between the total temperature and that indicated by the sonic probe Is

given by:

Tt : :T 1

where _ is a variable which is dependent on the specific heat ratio of the

gas and an empirically determined recovery factor unique to the sonic probe.
The value of _ at room temperature was 1.08 and at 1300 °C the value was cal-

culated as 1.05. Specific dimensions of the assemblies, wire diameters, and

wire type are given in table I. All tc assemblies generally failed after

only one or two tests by fracture of the tc wire at or near the location

where the wire exited the ceramic sheathing.

Gas temperatures were measured at four locatlons along the length of the
tube from the midpoint to the copper wall and at six angular positions around
the tube near the midpoint as Indicated in figure 5. These locations will be
referred to as tc position IA, 2A, 3A, etc. giving the angular position



around the tube (positions I to 6) and along the tube axls (positions A to D).

Temperatures at tc positions IA and 4A were measured at the throat plane

with butt-welded tc assemblies by inserting the tc's through holes drilled

through the top of the copper specimen holder and through the upper tube (posi-

tion I) for tc position IA and through the tubes at positions I and 2 for

tc position 4A. The tc wlre for the measurements at these two posltions was

oriented perpendicular to the gas flow. Gas temperatures along the tube axis

(positions A to D) were measured at positions 2 and 3 with shielded wedge tc's

and at position 5 with the sonic probe oriented such that the inlet hole was

facing the injector. Measurements on the exhaust slde of the test tube (posi-

tion 6) were made with wedge tc's. Corrections (recovery, radiation, etc.)
for the butt-welded and shielded tc's are discussed in the Analysis and Dis-

cussion section.

Gas temperatures measured at tc positions IA and 2A are shown in
figure 6(a), measurements made at tc positions 3A to 5A are shown in fig-
ure 6(b), and temperatures measured on the exhaust slde of the test tube at
tc position 6A are shown in figure 6(c). In general, temperatures measured
at positions IA, 2A and 6A showed the same general pattern of a maximum temper-
ature within the first 0.2 sec of the test followed by a somewhat more uniform
and constant steady-state temperature. As expected, temperatures measured
with the shielded wedge tc's rose more slowly than those of the butt-welded
tc's due to the larger thermal mass of the shield (see the inset in fig. 6(a))
although the steady-state temperatures measured with the butt-welded tc's at
position IA were also consistently higher than the temperatures measured at
position 2A with the shielded wedge tc's. However, the difference in the
individual temperature measurements at position ]A with the butt-welded tc's
(50 to IO0 °C) suggests that the difference between butt-welded and shielded
tc's, after the initial temperature rise, may not be significant. Although
significant temperature differences were observed, some measurements made on
the same day exhibited very good repeatability (note the closely-grouped meas-
urements made with five different butt-welded tc's at tc position IA shown
in the inset to fig. 6(a)). Several measurements made at tc positions 3A
to 5A show a maximum in temperature near the beginning of the test similar to
that at positions IA, 2A and 6A: however, thls behavior was not consistent
among all measurements at these locations. In addltlon, the measured tempera-
tures at positions 3A to 5A show a significant variation of up to approximately
200 °C which could not be correlated with or attributed to the different types
of tc assemblies. Furthermore, temperatures measured at these positions
(3A to 5A) are, on average, 200 °C greater than those measured at tc posi-
tions IA and 2A. Similarly, the average steady-state temperatures measured at

.positions IA and 2A are approximately 50 °C above the average temperatures

measured at position 6A. The dashed lines in figures 6(a) to (c), indicate

representative gas temperatures for positions IA and 2A, for positions 3A
to 5A, and for position 6A, and are dlscussed further in the following section.

A significant temperature reduction was measured in a direction parallel

to the tube axis from the midpoint (to position A) to the rocket chamber wall

(position D). Temperature measurements made at locations tc positions 2B,

6C and 2D are shown in figure 7. Gas temperatures were a]so measured at @/F

ratios slightly greater than one. Figure 8 shows gas temperatures measured
at tc position ]A for O/F = 1.1 and 1.19 and the dashed line indicating the

representative temperatures at this position at an O/F = l.O. The steady-

state gas temperatures increased approximate:y 140 °C for alO percent increase
in the O/F ratio.



Heat Transfer Measurements

Instrumented stainless steel tube. - Heat transfer coefficients (hc) were
measured wlth an Instrumented, water-cooled stainless steel tube. A schematic

cross sectlon of the instrumented tube Is shown in figure 9. The 0.953 cm o.d.,

0.648 cm i.d. (0.375 in. o.d., 0.255 in. i.d.) tube was inltially cut longitu-

dinally into two halves. Channels 0.038 cm (0.015 in.) in depth by 0.056 cm
(0.022 in.) In wldth were cut on the Inslde and outside of the tube wall and

individually sheathed thermocouples, 0.0254 cm (O.OlO In.) diameter sheath

with 0.0065 cm (0.003 In.) diameter wire, were placed in the channels and the
beads welded to the bottom of the channel. The channels were covered with a

0.013 cm (0.005 in.) Inconel 600 sheet which was welded in place to sea] the

channel from the hot gas (outside) and water (Inside). Large slots were also
cut Into the inner tube wall and filled with hlgh-temperature ceramic cement to

reduce tangential heat flow within the tube wa11. Identical channels were cut

in both halves of the tube to a11ow wall temperatures to be measured at two

1ocatlons 180° apart. The two halves were welded together and the weld seam
was smoothed to match the contour of the tube.

The instrumented tube was placed in a special copper specimen holder which
permitted the tube to be water cooled for an extended test of 3.5 sec duration.

The difference in temperature across the wall, along with the thermal conduc-
tivity of the stainless steel and the previously-measured gas temperature,

allowed caIculatlon of hc at a particular angular orientation. Temperature

differences across the tube wall were successfully measured only at 90° and

180 ° from the stagnation point. Representative temperatures near the inner and

outer wall surface are shown in figure lO. It is believed that the unsuccess-

ful tests at other orientations were due to thermoceuple bead detachment from

the bottom of the channel resulting in significantly lower measured tempera-

tures. Two instrumented tubes were fabricated; however, failure in the supply
of cooling water during the first test resulted in the destruction of one of

the tubes after approximately l sec.

Angular dependence of the gas pressure around tubes. - The angular depend-
ence of the gas pressure around the test tube was measured to allow comparison
to other studles of the pressure distribution around throat tubes in square-
chambered rocket engines (refs. 9 and lO). Gas pressures around the test tube
were measured by rotating a single tube with four 0.063 cm (0.025 in.) pressure
taps spaced 90° apart. These pressures, normalized to the chamber pressure,
are shown in figure II.

Surface Temperature Measurements of Bare and TBC
Coated DS Mar-M246+Hf Tube

ADS Mar-M246+Hf tube was instrumented to measure near-surface metal

temperatures which were later used to evaluate the usefulness of the measured

gas temperatures and derived heat transfer coefficients by comparison to pre-
dicted metal temperatures. The tube was instrumented by placing a thermocouple
0.038 cm (0.015 in.) below the surface in an identical manner as that for the

water-cooled stainless steel tube (fig. 9). The tube was tested for a 1.3 sec

with the thermocouple channel facing the injector at an indicated O/F ratio

of I. The measured near-surface temperature is shown in figure 12. Localized



surface melting of the MaF-M246+Hftube wasobserved at approximately 0.5 to
l.O cmfrom the midpoint of the tube indicating the nonuniform temperature
distribution at the rocket engine throat. The maxlmumtemperature shown in
figure 12 (1310 °C) is in good agreement wlth the melting point of Mar-M246
alloys (]316 to 1343 °C) (ref. ]l). The surface melting was avoided on other
Mar-M246+Hftubes by applying a TBC. The rapid temperature decrease between
6.3 and 6.6 sec (see inset) occurs during purging with H2 and the more gradual
cooling after 6.6 sec occurs during purging with N2. The rapid cooling by the
H2 gas indicates the beneficial thermal properties of H2 gas when it is used as
a coolant.

Near-surface metal temperatures were measuredat various angular orienta-
tions on four Mar-M246+Hftubes coated with a plasma-sprayed ZrO2-Y203TBC.
The TBCgave sufficient thermal protection to keep the surface metal tempera-
ture below the melting point of the alloy allowing measurementof metal temper-
atures at different angular orientations. Thesemeasurementswere then used to
indicate the angular dependenceof the heat transfer coefficient. The instru-
mented tubes were first coated with a thln, plasma-sprayed 0.025 to 0.050 cm
(O.OOl to 0.002 in.) Ni-CF-AI-Y bond coat layer. The ceramic top coat was
plasma sprayed to thicknesses ranging from O.Oll to 0.0024 cm (0.0045 to
0.0095 in.>. Details of the plasma spraying process are given in reference 5.
Temperatureswere measuredat different angles from the stagnation point by
rotating the tubes. Test duration was 1.2 sec at an indicated O/F = I. Some

of the coated tubes were tested in the as-sprayed condition, after which the

surface was smoothed by sanding with SiC paper and the coatings were retested
to evaluate the effect of surface roughness. The surface roughness of the

as-sprayed coatings was approximately 9.6 pm (377 _in.) (RA) and following
sanding the roughness was reduced to an average value of 4.1 pm (163 pin.)

(RA). The coating thickness following sandlng was only slightly less than

that prior to sanding; the sanding process appeared to mainly reduce peaks in

the surface coating morphology. The near-surface metal temperatures at 0°,

=90 °, and 180° for a 0.024 cm (0.0095 in.) ceramic coating are shown in fig-

ure 13(a), temperatures at 0°, 90°, and 180° for a O.Oll cm (0.0045 in.)

ceramic coating are shown in figure 13(b), temperatures at 0° before and after

sanding for a 0.0127 cm (0.005 in.) ceramic coating are shown in figure 13(c),
and temperatures at 0° and =45 ° for the same sanded ceramic coating are shown

in figure 13(d). It is apparent from figure 13(c) that the roughness of the

surface has little effect (within the uncertainty of the gas temperature) on
the heat transfer to the tube.

An attempt was made to determine average heat transfer coefficients by
.flowing water through a copper throat tube and measuring inlet and outlet water

temperatures. However, due to the large decrease in gas temperature measured
along the length of test tube (fig, 7), results from this test were considered
of little value and will not be discussed.

ANALYSIS AND DISCUSSION

Gas Temperature Measurements

Butt-welded thermocouples. - Thermal model: A thermal model for the butt-
welded tc's located at the throat plane (positions IA and 4A) was developed
to determine the necessary recovery, conduction and radiation corrections to



the measured tc temperatures. 3 The SINDAthermal analyzer (ref. 12), utlllz-

ing finite-dlfference techniques, was used to solve the necessary thermal equa-
tions. A schematic of the thermal model Is shown in figure 14. Both 0.025 and

0.050 cm (O.OlO and 0.020 in.) diameter, Types B and R tc's were modelled.
The length of exposed wire was varied from 0.18 to 0.36 cm (0.07 to 0.14 |n.)

to match the actual tc dimensions (table I). The length of tc wire within

the ceramic insulator was approximately 2.5 cm (1.00 In.). Heat flux to the

exposed thermocouple wire was modelled as a cylinder In crossflow using aver-
age heat transfer coefficients. These coefficients are dependent on the wire

diameter and the hot gas propertles according to the relationship given as
(ref. 13):

h DO (V DoWnNU = c,avg
kf

where Nu is the Nusselt number, hc helS the average heat transfer coeffi-cient, DO is the wire diameter, V {_v_ gas veloclty, and kf and vf are
the thermal conductivity and kinematic viscosity of the gas. The parameters
C and n are dependent on the Reynolds number, Re, and have the values 0.174
and 0.618, respectively, for 4000 < Re < 40 000 (ref. 13). The fluid proper-
ties were calculated for an H2-H20 mixture at temperatures of 1174 and 1338 °C4
(appendlx A) and are given In table II along with other parameters used in
equation (I). As the pressure in the chamber Increased at the beginning of
the run (fig. 3), hc,av q was scaled wlth the 0.8 power of the normalized cham-
ber pressure (Pchamber/P ° where P° = 2.07 MPa) to reflect the pressure

dependence of the heat transfer coefficient assuming turbulent heat transfer.
Temperature-dependent thermal conductivities and emissivities for the Pt and

Pt-Rh tc wires were utilized within the thermal model. The temperature
dependency of the thermal conductivity for the Pt-6Rh, Pt-13Rh, and Pt-3ORh

alloys was derived by interpolating between data for Pt and Pt-4ORh alloys

given in reference 14. The temperature dependence of the total emissivity of
Pt-Rh wire was taken from the suggested curve glven in reference 15 which var-
ies from approximately 0.I at 500 °C to 0.2 at 1530 °C. The wire was assumed
to radlate to room temperature in order to determine the maximum radiation
correction. The density and heat capacity of each alloy, necessary to calcu-
late the thermal capacitance of each flnite-difference node, were taken from
reference 16.

A measured thermocouple temperature lags the actual gas temperature in a
dynamic environment as a result of recovery, radiation, and conduction losses.

The effect of these losses can be viewed separately with the thermal model of

the butt-welded thermocouples. To view the effect of these losses, the dashed

llne shown in figure 6(a) was assumed as the actual gas temperature profile.

(It will later be shown that this dashed line is representative of the actual

3Equilibrium thermodynamic calculations, to be discussed in a following

section, predicted a negligible amount (<IxlO -6 mol fraction) of atomic hydro-

gen or oxygen to be present. Hence, no temperature correction for atomic
recombination on the Pt thermocouple wire was considered.

4The temperatures I174 and 1338 °C were chosen to span the steady-state

temperatures measured at tc positions IA and 2A (fig. 6(a)) and tc posi-
tions 3A and 4A (fig. 6(b)).



gas temperature at tc positions IA and 2A.) The lag in the predicted tempera-
ture response due to recovery losses and combined recovery and conduction
losses for a 0.05 cm (0.020 in.) butt-welded thermocouple is shown in fig-
ure 15(a). The effect of the radlation correction on the predicted thermocou-
ple temperature was less than 1 °C and has not been shown. It is apparent
From this figure that conduction losses down the tc leads are more signifi-
cant than recovery corrections in predicting the response of the thermocou-
ple. After the maximum temperature is reached in approxlmately 0.2 sec, the
predicted thermocouple temperature and the gas temperature are essentially
indistinguishable. The effect of the wire diameter on the predicted thermocou-
ple temperature after correcting for recovery, conduction and radiation losses
is shown in figure 15(b). Again, there is little dlfference in the predicted

thermocouple temperature and the gas temperature after the maximum temperature

has been reached. Figures 15(a) and (b) indicate that the measured thermocou-

ple temperatures for the butt-welded tc's are very close to the actual gas

temperature.

The predicted temperature in the exposed wlre and along the insulated tc
leads at the maximum tc temperature (after 0.1 sec) is shown in figure 15(c).

It is apparent that there is little temperature rise in the wire at approxi-

mately I cm from the tc bead. Even after 1.2 sec, the nodes furthest from
the tc bead (0.8 in.) were predicted to have risen only 2 to 3 °C. Hence,

the length of the wire leads in the tc model were sufficiently long so as to
represent the actual tc leads. Using the same gas temperature profile, there

was no significant difference in the predicted thermocouple response between

the Types B and R tc wire, nor was there a signiflcant difference in the tem-

peratures (<5 °C) along the wire leads for the different tc a11oy combina-
tions (i.e., Pt and Pt-13Rh). Hence, it is not necessary to model separately

the different tc wire types (Type R or B) or to model both tc leads of dif-

ferent alloy composition for the time and temperature conditions examined in

this study due to the similarity in the thermal conductivity, density and spe-

cific heat of the Pt a11oys in Types R and B tc's.

Derived gas temperature profiles: Gas temperature profiles representa-
tive of actual gas temperature profiles were derived by matching predicted

thermocouple temperatures, corrected for recovery, radiation and conduction

losses, with the measured thermocouple temperatures shown in figure 6(a) (to

positions IA and 2A) and figure 6(b) (tc positions 3A and 4A). The gas tem-

perature profile producing a good match between predicted and measured tc
temperatures was assumed to be representative of the actual gas temperature

profile. However, as shown above, corrections to the measured tc tempera-

-tures are relatively small except for the initial temperature rise. Hence, the

derived gas temperatures are approximately equal to the measured tc tempera-

tures after approximately 0.I sec and certainly within the uncertainty in the

measured tc temperatures. The derived gas temperature profiles are shown

as dashed lines in figure 6(a) (for tc positions IA and 2A) and figure 6(b)

(for tc positions 3A and 4A).

Shielded and wedge thermocouples. - Recovery and radiation corrections for

the shielded tc's are given in reference 17. The recovery correction For a

gas velocity of Mach 0.9 and O.lO MPa (14.7 psi) pressure is less than l per-
cent of the measured temperature. At the higher pressures used in the present

study, this recovery correction would be even less. The radiation correction
is relatively small because of the shield and amounts to approximately 9 °C for

the shielded tc's used in this study. The recovery and radiation corrections



for the unshlelded wedge tc's are also given in reference 17 and are greater
than those for the shlelded tc's. The radiation correction for an indlcated
tc temperature of approximately 1300 °C is 18 °C. However, since the
unshlelded wedge tc's were only used to measure temperatures at 180 ° from
the stagnation point where the gas velocity was unknown, the magnitude of the
recovery correction was uncertain. Because the scatter in the temperature
measurements was slgnificantly greater than the recovery and radiation correc-
tlons, these corrections were not applied to the temperatures measured by the
shielded or wedge tc's shown in figure 6. Hence, the measured tc tempera-
tures for both the butt-welded and the shielded tc's are very close to the
actual gas temperature and certainly within the observed scatter in the temper-
ature data.

The variations in measured gas temperatures at different locations around
and along the test tube indicate that poor mixing of gases occurs in the rocket
chamber. There was a significant variation in gas temperatures both vertically
and horizontally which is most likely due to nonuniform oxygen or hydrogen gas
injection. Some of the variation in the measured temperatures near the same
location (i.e., tc positions 3A and 4A, flg. 6(b)) is believed to be due to
inexact horizontal positioning in the direction for which a significant temper-
ature variation was observed (fig. 7). In addition to the temperature decrease
in a direction parallel to the tube axis, the localized surface melting of the
uncoated Mar-M246+Hf tube, discussed above, indicates a hotter gas temperature
0.5 to l.O cm from the mldpoint of the tube. The high temperatures measured
at tc positions IA and 2A for 0.2 sec at the beginning of the test
(fig. 6(a)) are most probably due to the 0.I sec lead in oxygen gas flow whlch
results in an initially higher O/F ratio and consequent temperature spike.

Adiabatic equilibrium temperatures. - Equilibrium thermodynamic calcula-
tions assuming adiabatic conditions predict gas temperatures of 1002 °C for
an O/F ratio of l and a chamber pressure of 2.07 MPa (300 psi) (ref. 18).
The measured temperatures at tc position A at the midpoint of the tube axis
were approximately 200 to 400 °C greater than this predicted temperature. It
is believed that the actual O/F ratio near the midpoint of the tube at test
position 2 was greater than the value calculated from input flow rates. Ther-
modynamic calculations predicting gas temperatures of 1200 to 1400 °C, as
measured in the engine, indicate a localized O/F ratio of at least 1.2 to

1.4 near the midpoint of the tube.

Heat Transfer Coefficients

Heat transfer coefficient at 90 ° and 180 °. - Heat transfer coefficients at
90 ° and 180 ° from the stagnation point were determined from temperature meas-
urements at the inner and outer wall of the instrumented stainless steel tube
(fig. I0). The thermal conductivity of the stainless steel at the respective
wall temperature was taken from reference 14. Relatively low wall tempera-
tures due to the water cooling precluded the need to correct for radiative heat
losses from the tube surface. The steady-state heat flux _hrough the wall was
calculated as 8822 J/sec (8.37 Btu/sec) at 90 ° and 5702 J/sec (5.41 Btu/sec)
at 180 ° . A gas temperature of 1210 °C (the steady-state gas temperature shown
as a dashed line in fig. 6(a)) was used to determine hc at 90 ° . A steady-
state gas temperature of 1155 °C (see dashed line in fig. 6(c)) was used to
determine hc at 180 ° . The value for hc determined at 90 ° and at 180 ° from

lO



int was 27.5 kW/m2 K (4845 Btu/hr ft 2 °F) and 9.05 kW/m2 Kthe stagnation 0o
<1594Btu/hr ft L °F), respectively.

Heat transfer coefficients at the staqnation point. - The heat transfer
coefficient at the stagnation point (hc,stag) can be predicted by assumlng the
presence of a laminar boundary layer as proposed by Squire for a cylinder in a
free stream (ref. 13). However, to use Squire's equations in the present
study, the Reynolds number must flrst be corrected for the effect of the chan-
nel blockage on the velocity distribution around the tube. Talmor (ref. 19)
has reviewed various correction factors for the effect of blockage on the stag-
natlon point heat transfer and suggests use of the correction bY Robinson and
Han (ref. 20). This correction factor is given as I + (D/W)1/2 where D is
the outer diameter of the tube and N is the channel width normal to the lon-
gitudinal axis of the tube (fig. 2(a)) giving a channel blockage correction
factor of 1.652 for the geometry of the rocket engine throat in this study.
The gas velocity at the stagnation point of the tubes was calculated from the
cross-sectional area of the throat at the stagnation point, the mass flow rates
of H2 and 02 into the engine, and the density of the H2-H20 mixture at the two
temperatures of I174 and 1338 °C. The calculated gas velocity and Reynolds
number (Re) associated with the 0.9525 cm tubes are shown in table III. The
gas density and viscosity at these two temperatures are given in table II.
The corrected Reynolds number for each temperature (table 1117, calculated as
the product of Re and the channel blockage correction factor, have an average
value of 128 000. Talmor (ref. 19) has correlated the ratio Nu/(PF) I/3 for

the stagnation point of immersed cylinders with the corrected Reynolds number
for various blockage ratios and turbulence intensities (Tu). For a corrected
Re of 128 000, this correlation gives values of 400 to 570 for the ratio
Nu/(Pr) I/3 for Tu of 0 to II percent. For an average value of PF : 0.586
and kf = 0.508 N/m K (table II), the value of Nu at the stagnation point

is 478 to 681 for Tu values of 0 to II percent yielding values of hc_stag
of 25.5 to 36.3 kW/m2 K (4500 to 6400 Btu/hr ft Z °F). Values of the ra_1o

Nu/(Pr7 ]/3, Nu and hc at Tu equal to 0 and II percent are given in
table llI.

Angular dependence of the heat transfer coefficient. - Talmor (ref. 9)
measured the angular dependence of hc for a single tube (2.54 cm o.d.)
located at the throat of a square-chambered rocket engine and oriented in the
same manner as the tubes in this study (tube axis horizontal and perpendicular
to the gas flowT. These measurements were made at various chamber pressures.
Talmor also predicted the angular dependence of hc based on the measured
pressure distribution around the tube (fig. II) assuming the presence of either

• a laminar or turbulent boundary layer around the tube. Excellent agreement was
found between the measured and predicted heat transfer coefficients with the
assumption of turbulent boundary layer formation. Talmor's results for the
angular dependence of hc normalized with the heat transfer coefficient at
the stagnation point, hc,staq, are shown in figure 16. Talmor also measured
the pressure distribution around smaller throat tubes (0.953 cm o.d.) in a
square-chambered rocket engine (fig. 117. The angular dependence of hc was
predicted from this pressure distribution assuming either laminar or turbulent
boundary layer formation. Average heat transfer coefficients at different
chamber pressures were also measured. Good agreement was observed between the
measured average heat transfer coefficients and average heat transfer coeffici-
ents derived on the assumption of a turbulent boundary layer around most of the
tube. The predicted angular dependence of hc for the smaller throat tubes is
also shown in figure 16.

11



The measuredangular pressure dependencearound the test tube in th|s
study (fig. 11) is in good agreement wlth that measuredby Talmor for the sin-
gle cyllnder (3.18 cm o.d.) (ref. 9) and the four cyllnders (0.953 cmo.d.)
(ref. 10) at the throat of the square-chamberedrocket englne. In these two
studies, Talmor reported flow separation from the tube at approximately 135°
from the stagnation point where the pressure dropped to a mlnimum. Prellml-
nary test firings of the TSTR with smooth ceramic-coated tubes resulted In the
appearance of a dark deposit on the exhaust-side of the tubes (fig. 17). The
deposit begins at approximately 133 ° from the stagnatlon point and appears to
cover the region of flow separation. In addition, early testing of these tubes
at higher gas temperatures resulted in melting of the ceramic which flowed from
the injector side of the tube and separated from the tube at approximately 135 °
from the stagnation point, again indicating flow separation in agreement with
the observations of Talmor on single and multiple throat tubes.

The ratio of hc at 90 ° to that at 180 ° measured in this study (flg. 16)
is in very good agreement with Talmor's findings for the same size tubes
(0.953 cm o.d.). This agreement suggests that the value for hc at the stag-
nation point of the tubes used in this study would be close to that at 90 °
(i.e., hc,90 : 27.5 kW/m2 K). Indeed, the predicted values for hc,st for
0 < Tu < II percent is in very good agreement with the measured value _ 90 ° ,

suggesting that the heat transfer coefficients in this study follow the angular
dependence around the tubes measured by Talmor (ref. 9).

However, the near-surface temperatures measured between ±90 ° on the ther-
mal barrier coated tubes (figs. 13(a), (b), and (d)) suggest that there is very
little difference in hc in this range In contrast to the results of Talmor.
Surprisingly, temperatures measured at ±45 ° are almost identical to those at
the stagnation point (fig. 13(d)) while temperatures measured at ±90 ° tend to
be slightly less than those measured at the stagnation point (figs. 13(a) and
(b)). The maximum in h c between 0 ° and 90 ° found by Talmor is attributed
to a turbulent boundary layer in this region. A laminar boundary layer in this
region would cause the value of hc to decrease from the stagnation point
(refs. 9 and 13). Talmor predicted the transition from a laminar to turbulent
boundary layer at chamber pressures of approxlmately 2.7 MPa (400 psi) with
the 0.953 cm (0.375 in.) throat tubes. This transition would also be affected
by the composition of the combustion gas, the level of turbulence in the
approaching gas, and the length of the combustion chamber (the distance from
the injector to the throat tubes). It is unclear in this study at what point
the boundary layer becomes turbulent and what part turbulence in the combus-
tion gas plays in this transition. The combustion chamber used in this study

is relatively short (6 in.), similar to that used by Talmor, and would tend to
encourage the transition from laminar to turbulent flow. However, the lower
chamber pressure in this study (2.07 MPa (300 psi)) would tend to favor a lami-
nar boundary layer delaying the transition to higher angles and higher veloci-

ties. Considering both the predicted value for hc,stag" and the temperature
data measured at different angles below the TBC's (fig. t3) suggests that
he,stag is slightly greater than the value measured at 90 ° (27.5 kN/m 2 K)
and hc decTeases in a monotonic fashion from the stagnation point to a value
around 27 kN/m 2 K at 90 ° . The angular depenaence of hc suggested by these
results is shown in figure 16.
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Modelling and Verlficatlon Test

A thermal model was developed to simulate heat transfer to, and conduc-
tion within, a throat tube in the TSTR. A schematic of the thermal model is
indicated in figure 18. A 45 ° wedge facing the injector was modelled using
61 nodes, the outermost node being on the surface. Node spacing in the outer
layers of the wedge was 0.000127 cm (0.0005 in.) and increased to 0.0051 cm
(0.002 in.) near the inner wall. Two values for the heat transfer coefficient
at the stagnation point were used, 27.5 kW/m2 K representing the value meas-
ured at 90 ° , and 33 kW/m 2 K, a value 20 percent greater than that measured at
90 ° . Temperature-dependent radiative properties for the Mar-M246+Hf substrate
were approximated from data for Ni-Cr-X alloys (ref. 15) and temperature
dependent thermal properties (K, C ) were taken from reference 21 and are given
in appendix B. The inner wall of _he tube was assumed to be insulated. Gas
temperatures were those based on the results of the thermocouple models (see
dashed lines in figs. 6(a) and (b)). The heat transfer coefficient used for
the short (0.3 sec) H2 purge at the end of the hot fire was 8.8 kW/m2 K
(1555 Btu/hr ft 2 °F) and that for the N2 purge thereafter was 1.76 kN/m 2 K
(311 Btu/hr ft 2 °F). Both heat transfer coefficients for the H2 and N2 purge
were approximations based on the chamber pressures, flow rates and gas fluid
properties (ref. 13).

Predicted temperatures at 0.038 cm (0.015 in.) below the surface of
the tube for the two gas temperature profiles and hc = 33 kN/m 2 K are shown

in figure 12. The agreement between the predicted metal temperatures using

the higher gas temperature profile (fig. 6(b)) and the measured metal tempera-

tures is very good. The temperature differences are easily within the uncer-

tainty in gas temperature The maximum temperatures (time = 6.3 sec) for

hc = 27.5 kW/m z K were oniy 20 °C lower than those for hc = 33 kW/m 2 K and
indicate that the uncertainty in the value of hc at the stagnation point

does not prohibit the successful modelling of the thermal response of the tube

within the known accuracy of the gas temperature. Hence, the good agreement

for hc = 33 kW/m 2 K justifies the use of this value for the heat transfer
coefficient at the stagnation point and also indicates that the higher gas tem-

perature profile (fig. 6(b)) is most appropriate for the stagnation point of

the tubes.

Comparison of the Heat Flux in the TSTR and SSME-HPFTP

The heat flux to the first stage blades in the HPFTP was calculated for
.the two thermal transients which occur during engine start-up. The heat flux
to the leading edge of the HPFTP blade, calculated as the product of hC and
the difference in temperature between the gas and the metal _emDerature
(fig. l), is shown in figure 19. The maximum heat flux in the HPFTP during
engine start-up occurs during the second thermal transient and is _Droxi-
mately 22 800 kN/m z. For comparison, the steady-zzate heat flux in the HPFTP
to the leading edge near the Dlade tip is approximately 34 0@0 k_/m C based on
a predicted gas-to-metal temperature difference of 88 °C (iT<gas) = 240 °C)
and hc : 382 kN/m 2 K (67 392 Btu/hr ft 2 °F) (ref. 3). The neat flux during
steady-state operation is almost 50 percent higher than that for the thermal
transients which occur during engine start-up even though the steady-state gas
temperature is significantly less than that during the first thermal transient.
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The cause for the high steady-state heat flux Is that the heat transfer coeffi-
cient is significantly increased as a result of the high gas pressures and hlgh
Reynolds numbersduring steady-state engine operation.

The heat flux to the tube in the TSTRhas also been calculated uslng the
measuredvalue of 27.5 kW/m2 K for hc (90° from stagnation), the gas tempera-
ture profile shown In figure 6(b) (dashed llne), and the measured near-surface
metal temperature shown in figure 12. The maximum heat flux to the tube in
the TSTR was greater than 26 000 kW/m2 as shown in figure 19. The value of
27.5 kW/m2 K is a conservative estimate for hc at the stagnation point; as
previously discussed, the heat transfer coefficient at the stagnation point is
probably somewhat greater than that measured at 90 ° . Even with the conserva-
tive value for hc, it is significant to note that the maximum heat flux in the
TSTR is greater than that in the HPFTP during the initial thermal transients
which occur on engine start-up. However, it should be remembered that the
heat flux during steady-state operation of the HPFTP exceeds both that in the
TSTR and that during start-up of the HPFTP.

SUMMARYAND CONCLUSIONS

Gas temperatures and pressures were measured around the number two

test position in the H2/O2 thermal shock test rocket located at NASA Lewis.

Measured gas temperatures generally varied from 1210 to 1390 °C. Measured
pressures were in good agreement with other studies for throat tubes in a

square-chambered rocket engine. Heat transfer coefficlents were determined at

90° and 180° from the stagnation point and resulted in values of 27.5 and

9.05 KN/m 2 K, respectively. Empirical predictions for hc at the stagnation
point were slightly greater than the values determined at 90° with a monotonic

decrease from the stagnation point to 90°. Reducing the surface roughness of
thermal barrier coated tubes by a factor of two dld not have a significant
effect on the heat transfer to the tubes.

A thermal model was developed to predict temperatures in a Mar-M246+HF

tube to verify the gas temperature and heat transfer measurements. Agreement
between measured and predicted temperatures just below the surface of the Mar-
M246+Hf tube was very good. The heat flux to thls tube was also determined

and showed a maximum value of 26 000 kW/m 2. The heat flux to the leading edge

near the blade tip durinQ start-up of the HPFTP was also calculated and showed
a maximum of 22 800 kN/m L during the second thermal transient.

The results of this work indicate that the TSTR at NASA Lewis is capable
of exceeding the heat flux during the therma] transients which occur on

start-up of the HPFTP and that this test rocket engine provides a valuable

tool for thermal shock testing of potential thermal barrier coatings and other
proposed blade materials.
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APPENDIX A

THERMAL CONDUCTIVITY AND VISCOSITY OF THE H2-H20 GAS

MIXTURE AT 1174 AND 1338 °C

The thermal conductivity and viscosity of the H2-H20 gas mixture at
1174 and 1338 °C were calculated according to the semiemperical formulas given
in reference 22. The thermal conductlvity of the mixture is given as

2

I x xikikmix = 2 1,2 = H2,H20 (A.I)

_J J

i:l j:l

where x i are the mole fractions of H2 and H20 and
ductivities of the pure components. The coefficients

,II 112[

k i are the thermal con-

@lj are given as

1,2 = H2,H20 (A.2)

where _I are the viscosities of pure H2 and H20 and Mi are the molecular

weights.

The viscosity of the mixture is given as

2

xiPi
Pmix = 2 ],2 = H2,H20

xj*i j
j=li:l

(A.3)

where the @ij coefficients are glven by equation (A.2). The mole fractions
of H2 and H20-at ll74 and 1338 °C at 2.07 MPa were determined by calculations
using the chemical equilibrium code described in reference 18 and are listed in
table A.I. The thermal conductivities and viscosities of pure H2 and H20 were
taken from references 13, 14, and 23 and are also given in table A.I. The
thermal conductivities and viscosities of the gas mixture at I174 and 1338 :C
were calculated according to equations (A.I) to (A.3) and are also given in
table A.I.
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APPENDIX B

The thermal analysis model is capable of operating with temperature-

dependent material and radiative properties. The temperature dependence of the
theYma] conductivity of MaF-M246+Hf is shown In figure Bl(a) (ref. 21) and the

temperature dependence of the heat capacity is shown In figure Bl(b) (ref. 21).

The emissivity for Ni-base alloys is strongly dependent on the surface condi-

tion of the specimen (ref. 15). The Mar-M246+Hf tube tested in thls study
exhibited a metaIllc luster prior to testing. A slight tarnish on the surface

was evident after testing but the H2-rIch environment during the test, and the
N2 purge following the test minimized any significant oxide scale formation.

Typical upper values For the emissivity of Ni-base alloys without thick oxide

scales are shown in figure B2 (ref. 15). These values were input to the ther-

mal model and the temperature of the surrounding chamber walls were assumed

to be at 16 °C (60 °F) to evaluate the maximum radiative correction. The pre-
dicted temperatures at the surface and within the Mar-M246+Hf tube wall varied

by less than 5 °C when radiative heat losses were taken into account.
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Probe
number

TABLE I. - THERMOCOUPLE PROBE ASSEMBLIES

Configu-
ration a

BW-I
BW-2

SWD

Figure

4(a)
4(b)

L
41c)
4(d)

Wire diameter, Wire

cm (in.) type

0.0076 (0.003)

.025 (.010)

.025 (.010)

.038 (.015)

.051 (.020)

.051 (.02O)

.051 (.020)

aBW, butt-welded; WD, wedge; and SWD, shiel

Dimensions,
cm (in.)

X Y Z

'B ............

B 0.127 (0.057
R .127 (.05)
B .I02 (.04)
R .I02 (.04)
R ............

R .127 (.05)

0.10 (0.04)
.127 (.05)

k k,
6.35 (2.5)
6.35 (2.5)

0.076 (0
.064 (
.064 (
.If4 (
.114 (
.51 (
.51 (

ded wedge.

.03)

.025)

.025)

.045)

.045)

.2)

.2)

Temper- CD ,a

ature, J/k_ K
°C

1173 7782
1338 7364

TABLE II. - GAS PROPERTIES AND PARAMETERS FOR HEAT TRANSFER TO

THE BUTT-WELDED THERMOCOUPLES

[Dl : 0.0254 cm diameter wire; D2 = 0.0508 cm diameter wire;

Pr = Prandtl number = Co _/kf; Re = Reynolds number =
V Di p/_ (i = 1,2); Nu _ Nusselt number = hc Di/k f
(i = 1,2).]

(a) Gas properties (2.07 MPa)

p a v,a _,b kf, b Prandtl
kg/m 3 m/sec kg/m sec W/m K number

0.759 1896 0.0000372 0.490 0.591
• 743 1906 .0000418 .527 .584

(b) Calculated parameters for heat transfer
to the butt-welded thermocouples

Temper-
ature,
°C

1173
1338

Reynolds number

DI 02

9800 19 600
8600 17 200

Nusselt number hc,
W/m2 K

Dl D2

51.0 78.2
47.0 72.1

Reference 18.

See appendix A.

D1 D2

98 310 "75 450
97 590 74 920

TABLE III. - STAGNATION-POINT HEAT TRANSFER

TO 0,9525 cm TUBES

Temper- Approach Reynolds Blockage corrected

ature, velocity, number Reynolds number
°C m/sec

1173 388 75 300 135 600
1338 397 67 100 121 000

TU,

percent
Average
Reynolds

number a

Nul(Pr) I13 Nu b hc,_tag,
W/m: K

0 128 000 _00
II 128 000 570

aAverage for 1173 and 1338 °C.
bBased on an average Pr of 0.586.

480 25 524
580 36 368
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TABLE A.I. - THERMAL CONDUCTIVITY AND VISCOSITY OF THE H2-H20 GAS MIXTURE

Temper-
ature, XH2 XH20

°C

1174 0.85 0.15

1338 .825 .175

Reference 24.

Reference 13.

CReference 25.

dReference 23.

kH2,a kH20,b

Wlm K Wlm K

0.578 0.142

.637 .162

k , c d
mix PH 2 ' PH20' Pmix'

W/m K kg/m sec kg/m sec kg/m sec

0.49 2.69x10 -5 5.04xi0 -5 3.73xi0-5

.528 2.90x10 -5 5.55xi0 -5 4.18xi0-5
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